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ABSTRACT 
The European Student Moon Orbiter, currently at preliminary phase A, is the first lunar 
spacecraft entirely designed by students, projected for launch in 2011 and to reach a stable 
lunar orbit around the Moon. This paper presents the trajectory analysis and design 
performed to accomplish the primary and secondary objectives of the mission. The 
requirements affecting the mission analysis are listed, including their effects on the target 
lunar orbit. The Outreach mission would send a spacecraft into a polar orbit around the 
Moon, the only payload on board being a Narrow Angle Camera. The Science mission will 
inject a nano-satellite in a low, circular, polar orbit around the Moon. Two different transfer 
options were studied, making use of chemical and solar electric propulsion. Particular 
emphasis is put on the launch window analysis. In fact, being the spacecraft an auxiliary 
payload, the trajectory design must be compliant with any launch opportunity inside a three 
year launch window. Finally corollary studies, such as eclipse durations and ground station 
visibilities will be covered. 
 
1. INTRODUCTION 
n recent times, numerous space agencies have been 
re-examining both manned and unmanned lunar 
missions (ESA’s SMART-1 [1], the Chinese 
Chang’e-1 [2], the Indian Chandrayaan [3], JAXA’s 
SELENE [4] and Lunar-A [5], and NASA’s Lunar 
Reconnaissance Orbiter [6]). These missions have 
both scientific and strategic objectives, such as a test-
bed for the new technologies, or a launch pad towards 
Mars and other celestial bodies. However, current 
technology and economical resources differ greatly 
from the ones available at the time of the first Apollo 
missions. 
In particular the requirement of low-cost is often a 
priority and has a strong impact on the mission 
I 
analysis: low cost implies cheap launch opportunities, 
low mass and low ∆v, with a reasonable time-of-
flight, low cost of the operations and commercial-off-
the-shelf technology. 
The European Student Moon Orbiter (ESMO), 
under the auspices of the Student Space Exploration 
& Technology Initiative (SSETI), was approved by 
the European Space Agency (ESA) for a phase A 
feasibility study. If launched, ESMO is the first lunar 
mission to be entirely designed by students from ESA 
Member States. Its primary objective (Outreach 
mission) is to place an orbiter on a stable orbit around 
the Moon and to send back images acquired through 
a high-resolution narrow angle CCD camera (NAC) 
for optical imaging of lunar surface characteristics. 
The selected target on the lunar surface is the South 
Pole. As a secondary objective (Science mission), 
some scientific experiments shall be performed from 
a 100 km science orbit. A nanosat sub-satellite, 
Lunette would be responsible for the gravity field 
mapping via the Doppler Effect. 
The Space Advanced Research Team at the 
University of Glasgow was selected as the primary 
team in charge of the mission analysis and design. 
After introducing the objectives and requirements 
of the ESMO mission, this paper focuses on the 
transfer strategies developed during the preliminary 
design phase. Both chemical propulsion and solar 
electrical propulsion (SEP) options have been 
considered, leading to two different transfer 
trajectories. 
For the chemical option, a Weak Stability 
Boundary (WSB) transfer has been studied, in order 
to exploit the solar perturbation to freely incline the 
transfer plane. The SEP trajectory design, instead, 
required the solution of an optimal control problem to 
find the correct sequence of continuous low-thrust 
and coast arcs. In the second part, the fundamental 
problem of the launch window is examined. Since 
ESMO is planned to be launched as a secondary 
payload, the mission analysis has to consider at 
minimum a one year launch window. The impact of 
such a constraint on the mission design is analysed, 
and possible solutions are presented. Various options 
for the operational lunar orbit were also analysed, in 
particular the stability trade-off between the vΔ  
required for the transfer into the desired lunar orbit, 
and the constraints imposed by the mission 
objectives, such as no station-keeping. To complete 
the mission analysis, additional studies were 
performed on eclipse times, solar aspect angles and 
communication windows. 
2. OBJECTIVES AND 
REQUIREMENTS 
The trajectory design is driven by a set of 
requirements dictated by the launcher, operational 
constraints, the space environment and the scientific 
objectives of ESMO [8]. This section outlines the key 
requirements that affected the mission design. 
2.1. Launcher requirements 
ESMO will be launched from Kourou in the 
French Guyana on the new ASAP (Ariane Structure 
for Auxiliary Payloads) by either the Ariane-V or 
Soyuz-2 launcher into GTO. The use of the Soyuz-2 
launcher at Kourou is still under development and 
testing, with the first launch tentatively scheduled for 
2008 [9]. 
The launch window is ±1 hour from either 
midnight or noon. 
The present study focuses on the Ariane option 
using the midnight launch window, since the vast 
majority of Ariane GTO missions launch during this 
window. Since ESMO is an auxiliary payload, the 
launch date is driven by the main customer 
requirements and operations at Kourou. Therefore the 
spacecraft design must be compatible with all 
possible launch dates within 2011-2013; this was a 
driving requirement of the mission analysis design. 
The injection orbit will be the standard Ariane 5 GTO 
[10], whose parameters are listed in Table 1. 
 
Table 1 Parameters of the Ariane 5 GTO*. 
a Semi-major axis 24478 km 
pZ  Altitude of perigee 250 km 
aZ  Altitude of apogee 35950 km 
e Eccentricity 0.7292 
i Inclination 7° 
 Longitude of first descending node 0° 
ω Argument of perigee  178° 
 
The system requirement on the wet mass was 
originally set to 150 kg, but in order to cover possible 
mass increases and to have a conservative design, a 
decision was made by the Project Manager to 
consider larger masses for the further iterations. The 
current estimations of the wet mass considered here is 
different depending on the system configuration. For 
the SEP option, the wet mass was set to 180 kg for 
the Outreach mission and 200 kg for the Science 
mission. For the chemical propulsion design, the wet 
mass has be envisaged to be between 150 and 220 kg. 
                                                          
* All parameters are in the Earth-centred, equatorial, 
Greenwich reference frame. 
 2
2.2. Requirements on the Earth orbit 
The Launch and Early Operations Phase (LEOP) 
is to be completed within one week in order to 
minimise the radiation effects on the spacecraft. As 
such, for the SEP option which can produce only 
low-thrust changes, the perigee should be raised as 
quickly as possible above 10 000 km altitude. 
2.3. Requirements on the lunar orbit 
For the Outreach mission, a minimum altitude of 
200 km above the South Pole is required for the 
NAC. By comparison, for the Science mission the 
sub-satellite Lunette is required to be deployed into a 
quasi-circular orbit with a periselenium of 100 km 
altitude. For both missions, the target lunar orbit shall 
be polar with a minimum operational time of 6 
months without any orbit correction. The insertion 
into the lunar orbit which minimises any additional 
Δv is a key optimisation parameter in the design of 
the transfer trajectory. 
2.4. Other requirements 
Four possible ground stations were identified: 
Kourou (New Guyana), Weilheim (Germany), Perth 
(Austrilia) and Malindi (Kenya). Visibility of at least 
one ground station is required to properly monitor the 
spacecraft during the LEOP, and during critical 
periods, such as any propulsive manoeuvres, in the 
lunar transfer and lunar capture phases. A minimum 
of 1 hour per day is required during the image 
acquiring phase at the Moon. 
3. TRANSFER STRATEGIES 
3.1. Target lunar insertion orbits 
The Earth-Moon transfer trajectories were 
designed using a concurrent design approach. As 
such, the lunar orbits were designed in parallel with 
the trajectories. This allows for the minimisation of 
any required Δv during the lunar orbit insertion 
phase. 
In order to satisfy the mission requirements, two 
operational orbits were designed: the lunar Outreach 
orbit and the lunar Science orbit. The target orbit for 
the Outreach case is a polar eccentric (e = 0.446), 
250 x 3451 km altitude orbit. The time evolution of 
this orbit will allow the NAC to operate around 
200 km altitude during the operational life time 
required of 6 months. The orbit selected is a good 
compromise between Δv savings and good imaging 
above the South Pole (ω = 270°). The Science orbit is 
a polar circular 100 km-altitude orbit. This orbit will 
allow the Lunette sub-satellite to perform the gravity 
field mapping. 
The insertion orbits to shift from the transfer 
trajectory to the final operational orbits were also 
designed (see Table 2). 
 
Table 2 Parameters for the lunar orbit 
insertions. 
Parameter Outreach mission 
Science 
mission 
Zp
Periselenium 
altitude 100 km 100 km 
Za
Aposelenium 
altitude 3590 km 135 km 
e Eccentricity 0.4874 0.0092 
i Inclination 89.9° 90° 
Ω 
Right ascension of 
the ascending node 
(RAAN) 
free* free*
ω Argument of periapsis 292.9° 90° 
3.2. Chemical transfer 
The first option for the ESMO mission is a Weak 
Stability Boundary (WSB) transfer to the Moon using 
a chemical-based propulsion system (Table 3). 
 
Table 3 Physical properties of the chemical 
propulsion system. 
 Outreach mission 
Science 
 mission 
Thrust 88 N 490 N 
Isp 285 s 310 s 
Maximum 
initial mass of 
spacecraft 
220 kg 
 
The parameters in Table 3 were provided by the 
ESMO propulsion team. The difference in thrust 
accounts for the increased constraints required by the 
final operational lunar orbit of the Science mission.  
The transit through the WSB in the restricted 
four-body problem (Earth, Moon, Sun and spacecraft) 
is used in order to obtain the in-plane lunar transfer 
plus an inclination change at a low cost. The whole 
transfer was divided into two legs: 1. departure from 
GTO to arrival at the WSB region, and 2. departure 
from the WSB region to arrival at the lunar injection 
orbit. The mid-course manoeuvre at the WSB region 
allows for increased flexibility when targeting the 
final operational orbit at the Moon. Ideal impulsive 
manoeuvres were considered. 
                                                          
* The RAAN is a free parameter of the optimisation 
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The first leg was propagated forward from the 
periapsis of the GTO up to the WSB region. The 
second leg departs from the target orbit around the 
Moon and is propagated backwards to the WSB 
region. The two legs then are linked through a Δv 
manoeuvre. 
A set of first guess solutions was generated by 
systematically scanning over a range of launch dates, 
transfer times for both legs, and right ascensions of 
the ascending node at the Earth and Moon. The 
inclination at the Moon was fixed to match the 
requirements of the lunar orbit along with the 
argument of periselenium, the semi-major axis and 
the eccentricity. 
The first guess solutions were locally optimised 
according to: 
 ( )min E M WSBx v v vΔ + Δ + Δ  
[ ]0 E E E WSB M M WSB M− −x t v TOF v TOF= Ω Δ Ω Δ  
where ΔvE, ΔvM, ΔvWSB are, respectively, the change 
in velocity due to the impulsive manoeuvres at the 
Earth, Moon and WBS region, and x is the vector of 
optimisation parameters composed by the departure 
date from Earth, and the RAAN, Δv and time-of-
flight for each leg. 
3.2.1. Gravity losses 
The design strategy exposed in paragraph 3.2 
considers, for each manoeuvre, an instantaneous 
change of the spacecraft velocity. However, the 
engine configuration selected for ESMO has a 
relatively low thrust level. Thus, an extra Δv has to be 
added to the total budget to count for gravity losses: 
an increase of 5% and 2% of the total Δv budget for 
the Outreach and the Science mission, respectively, 
were considered. 
3.2.2. Outreach transfer trajectory 
Table 4 and Table 5 present the characteristics of 
the solution for the Outreach WSB transfer with a 
departure date from the parking orbit on the 15th 
March 2011 (55635.34 MJD). The RAAN of the 
departure GTO orbit and the arrival at the lunar orbit 
are 340.1° and 63.8° respectively. The values were 
determined through the optimisation process. 
 
Table 4 Time of Flight of each transfer leg 
(Outreach mission). 
Transfer leg Time of Flight [d] 
GTO – WSB point 39.91 
WSB point – lunar injection 53.78 
Total 93.68 
Table 5 Δv budget using chemical propulsion 
(Outreach mission). 
Transfer manoeuvres Initial Δv [m/s] 
GTO 737.75 
WSB point 14.05 
Lunar Injection 296 
Sub-total 1047.8 
Gravity losses (5%) 52.4 
Total 1100.2 
 
The WSB transfer trajectory for the Outreach 
mission is represented in Fig. 1. 
 
 
Fig. 1 WSB transfer trajectory for the Outreach 
mission in the Earth centred inertial reference 
frame. In blue the Moon orbit, in black the Earth-
WSB leg, in red the WSB-Moon leg. 
3.2.3. Science Transfer Trajectory 
Table 6 and Table 7 outline the basic 
characteristics of the Science WSB transfer option. 
The departure date from GTO is on the 14th March 
2011 (55634.07 MJD). Once again this trajectory is 
compliant with the selected Science lunar orbit. The 
RAAN at the departure GTO is 338.9°, the one at 
arrival at the lunar science orbit is 120.6°. 
 
Table 6 Time of Flight of each transfer leg 
(Science mission). 
Transfer leg Time of Flight [d] 
GTO – WSB point 38.41 
WSB point – lunar injection 57.25 
Total 95.66 
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Table 7 Δv budget using chemical propulsion 
(Science mission). 
Transfer manoeuvres Initial Δv [m/s] 
GTO 737.9 
WSB point 54 
Lunar Injection 667.5 
Sub-total 1459.4 
Gravity losses (2%) 29.2 
Total 1488.6 
 
Fig. 2 shows the WSB transfer trajectory for the 
Science mission. 
 
Fig. 2 WSB transfer trajectory for the Science 
mission in the Earth centred inertial reference 
frame. In blue the Moon orbit, in black the Earth-
WSB leg, in red the WSB-Moon leg. 
3.3. Solar Electric Propulsion transfer 
The design of the solar electric propulsion (SEP) 
transfers was mainly driven by the requirement of a 
wide variety of transfer opportunities. 
The spacecraft is foreseen to be equipped with a 
T5 gridded ion thruster (see Table 8). The thrust can 
be switched either on and off, with no thrust 
produced during eclipse time. 
 
Table 8 Physical properties of the solar electric 
propulsion system. 
 Outreach option Science option 
Thrust 20 mN 
Isp 3250 s 
Initial mass of 
the spacecraft 180 kg 200 kg 
 
The whole transfer trajectory was split into three 
main parts: a spiralling-out segment from the Earth 
GTO, a phasing segment and finally a spiralling-
down segment to reach the desired orbit around the 
Moon. 
Though the primary objective was to minimise 
the propellant consumption, the transfer time had to 
be reasonably short to reduce the operational costs to 
a minimum. 
An approach similar to the one used for the 
design of the trajectory of SMART-1 was followed 
[12] (the interested reader can find more details on 
the design method in [13]). 
A set of spiralling-out trajectories, starting from 
the GTO (see Table 1), were computed for each of 
the different initial conditions imposed by all possible 
launch dates in the year 2011. The equations of 
motion were propagated forwards considering a 
tangential thrust from the GTO up to an apogee 
radius of 280 000 km. Concurrently, a second set of 
spirals was propagated backwards in time, starting 
from the injection conditions into the lunar orbit up to 
an aposelenium radius of 60 000 km. A first guess 
spacecraft mass at the lunar orbit was fixed at 156 kg 
(Outreach mission) and 174 kg (Science mission) 
based on estimations of the propellant consumption. 
Given the different operational lunar orbit 
requirements, a different thrust strategy was adopted 
for the Outreach versus Science missions [13]. 
Each Earth spiral was linked to the ‘best’ lunar 
leg in order to find an optimal complete transfer for 
each launch date, keeping the arrival date at the 
Moon and RAAN as free parameters. The result of 
this process was a set of complete trajectories, for all 
the possible launch dates in the year 2011. 
Two trajectories were then selected for further 
studies, corresponding to the most unfavourable 
launch dates for each mission. This was chosen in 
order to give a ‘worst-case’ assessment of the 
propellant consumption.  
The two solutions were then locally optimised. 
The spiralling-up segment continues until the 
spacecraft reaches an orbit with an apogee of 
280 000 km. At which point, a series of thrusting 
manoeuvres is performed in order to arrive at the 
specific time, position and velocity required by the 
spiralling-down leg, in order to enable a capture (by 
the Moon) after a coast arc of maximum 10 days. The 
thrust profile of this phasing segment was designed 
with the Direct Interplanetary Transfer Analysis 
(DITAN) software [14], and can be seen in Fig. 7 and 
Fig. 12.  
In addition, in the final stage of the spiralling-
down segment, a few corrective manoeuvres are 
necessary to adjust the spacecraft to the desired 
operational orbit. The slight differences are a result of 
the estimation of the final mass made in the 
backwards propagation. The corrections are small, 
and can easily be included in the orbit correction 
margins, which were fixed to 5% on the estimate of 
the worst case propellant mass. 
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In the following, the two baseline transfers for the 
Outreach and Science missions are presented. 
3.3.1. Outreach transfer trajectory 
The baseline transfer for the Outreach mission is 
to be launched on the 19th of January 2011 (55570 
MJD). Fig. 3 shows the SEP trajectory for the 
Outreach baseline mission, and Fig. 4 and Fig. 5 
represent the time history of the inclination and 
RAAN during the phasing segment.  
 
 
Fig. 3 SEP Outreach mission transfer trajectory. 
 
 
Fig. 4 Inclination change during the phasing 
segment for the SEP Outreach mission. 
 
 
Fig. 5 Variation in right ascension of ascending 
node during the phasing segment for the SEP 
Outreach mission. 
The spiral down segment is represented in Fig. 6. 
 
 
Fig. 6 Spiral down segment of the SEP Outreach 
mission. The blue and white areas show the 
periods when the spacecraft is in umbra and 
penumbra respectively. 
Fig. 7 shows the amplitude of the thrust vector for 
the phasing segment of the Outreach mission. 
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 Fig. 7 Thrust profile of the phasing segment of the 
Outreach mission. 
 
The mass consumption, corresponding to the vΔ  
and time of flight of the Outreach mission transfer 
trajectory are summarised in Table 9. 
 
Table 9 Outreach mission transfer trajectory 
characteristics. 
Phase Propellant mass [kg] 
∆v 
[km/s] 
Time of 
flight [d]
Spiral-up from GTO 15.9 3.0 304.8 
Phasing segment 3.9 0.8 84.4 
Spiral-down to 
lunar orbit 3.9 0.8 72.9 
Sub-total 23.7 4.5 462.1 
Orbit correction 
margin (5%) 1.1850 - - 
Additional system 
margin (2%) 0.4740 - - 
Total 25.36 4.5 462.1 
3.3.2. Trajectory Design for the Science Option 
The launch date analysed for the Science mission 
is 5 January 2011 (55566 MJD). 
 
 
Fig. 8 Earth-Moon transfer trajectory for the SEP 
Science mission. 
It takes an additional 36 days spiral up from the 
Earth due to the 10% higher launch mass compared 
to that of the Outreach mission. 
 
 
Fig. 9 Inclination change during the phasing 
segment for the SEP Science mission. 
 
 
Fig. 10 Variation of the right ascension of the 
ascending node during the phasing segment for 
the SEP Science mission. 
The spiral-down segment is represented in Fig. 
11. Fig. 12 shows the amplitude of the thrust vector 
during the Science phasing segment. 
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 Fig. 11 Spiral-down segment of the SEP Science 
mission. The blue and white areas show the 
periods when the spacecraft is in umbra and 
penumbra respectively. 
 
Fig. 12 Thrust profile of the phasing segment of 
the Science mission. 
 
The mass consumption, corresponding vΔ  and 
time of flight of the Science transfer trajectory 
analysed are summarised in Table 9. 
 
Table 10 Science transfer trajectory 
characteristics. 
Phase Propellant mass [kg] 
∆v 
[km/s] 
Time of 
flight [d] 
Spiral-up from 
GTO 17.9 3.0 340.7 
Phasing segment 2.8 0.5 106.5 
Spiral-down to 
Science orbit 7.2 1.3 201.9 
Sub-total 27.9 4.8 649.1 
Orbit correction 
margin (5%) 1.395 - - 
Additional system 
margin (2%) 0.558 - - 
Total 29.853 4.8 649.1 
4. LAUNCH WINDOWS 
The selection of the launch window was the most 
demanding requirement for the mission analysis 
design. In fact the mission launch should be feasible 
for any day in 2011-2013. The transfer design had to 
be as general as possible in order to take into account 
all the possible scenarios. Some methods were 
developed specifically to deal with the wide variety 
of launch dates.  
In the chemical propulsion option, an optimal 
WSB transfer was designed and a phasing strategy 
was selected to reach, for any launch date, the 
required conditions to insert into the phasing 
segment. For the SEP case, instead, all the possible 
launch dates were considered, with only the worst 
cases developed in full. For both options, launch 
windows were analysed over the year 2011. 
4.1. Chemical transfer option 
According to Belbruno et al. [11] the Sun-Earth-
Moon angle at injection into a WSB transfer is 
typically about 130°. The variation of this angle was 
calculated for all the possible launch dates in 2011, 
extracting those dates that were providing an angle 
close to 130° (see Fig. 13). This condition is periodic, 
occurring approximately once a month, enabling us to 
consider the same optimal transfer solution for each 
period. 
 
 
Fig. 13 Evolution of the Sun-Earth-Moon angle 
throughout the year 2011. 
 
The whole transfer initiates from the standard 
Ariane 5 GTO (see Table 1), however as the first leg 
of the WSB transfer originates from a parking orbit 
with a different RAAN, it is necessary to use the 
RAAN as an parameter for optimisation. A phasing 
strategy was therefore studied such that the RAAN of 
the Earth’s orbit and the passage at the perigee match 
the departure conditions required by the WSB 
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transfer, to get the perfect timing. Orbital 
perturbations such as the J2 effect, and Sun and 
Moon perturbations have been considered, the former 
resulting in the regression of the nodes and argument 
of perigee. 
Due to the lack of control over launch dates (since 
ESMO is launching as an auxiliary payload), a large 
degree of flexibility must be included in the design. 
The proposed strategy consists of a sequence of 
engine burns to be performed at the perigee of the 
parking orbit, in order to gradually increase the semi-
major axis. Moreover the time to be spent in each one 
of the consequent orbits has to be determined, such 
that the effects of the perturbations on ω and RAAN 
can be controlled. By varying the duration of each 
engine burn and the time spent in that orbit (and thus 
the size of the following phasing orbit), it is possible 
control the effect of the perturbations in RAAN and 
ω and thus achieve the flexibility required for the 
auxiliary payload launch. Two values for the engine 
burn duration were considered (15 or 30 s), along 
with the staying time on any phasing orbit (one or 
two periods). Note that as these manoeuvres 
contribute to increasing the apogee, they are already 
included in the ∆v budgets given earlier in Table 5 
and Table 7.  
Therefore the combination of possible sequences 
was created, corresponding to different values of 
variation of RAAN and ω (Fig. 14). 
 
 
Fig. 14 Linear relationship between variations 
of RAAN and argument of pericentre. 
 
For the majority of corresponding Ω  and & ω&  
values, there are multiple values of transfer time. This 
would allow the position of the pericentre to be 
varied while still maintaining some degree of control 
on the time, and thus the relative position of the 
Moon (see Fig. 15 and Fig. 16). An upper limit of 3 
months was imposed on the time before the WSB 
manoeuvre. 
 
 
Fig. 15 Relationship between variations of 
RAAN and transfer time. 
 
 
Fig. 16 Relationship between variations of ω 
and transfer time. 
 
At this point, for each launch date, it is possible to 
predict the optimal sequence of phasing orbits to 
reach the desired RAAN to insert the spacecraft into 
the WSB leg. 
Moreover an additional insertion ∆v manoeuvre 
has to be considered to insert the spacecraft from the 
GTO to a parking orbit, with a higher perigee in order 
to limit the drag effect of the atmosphere and to 
vacate the GTO for the LEOP. After coasting for half 
an orbit, the perigee of the GTO is increased 
(normally above 500 km altitude) with a burn at the 
apogee. Table 12 reports the characteristics of the 
first phasing orbit after injection into the GTO. 
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Table 11 First Phasing Orbit after Injection into 
GTO. 
Period of GTO 10.59 h 
Period of parking orbit 10.67 h 
Perigee of parking orbit 6878.16 km 
∆v required to reach parking orbit 0.026 km/s 
4.2. Solar Electric Propulsion transfer 
option 
All the transfer trajectories for each launch date 
were ranked through a weight function that accounted 
for the difference in inclination, RAAN and argument 
of periapsis between the state vector at the end of the 
Earth spiral and the state vector at the start of the 
lunar spiral. Fig. 17 was fundamental to evaluate the 
launch windows. Summer and winter launches are 
unfavourable compared to spring and autumn in 
terms of optimal transfer. The driving factor is the 
alignment of line of nodes corresponding to the two 
state vectors to be linked. 
 
 
Fig. 17 Values of the ranking function for the 
best SEP transfers for each launch date (Science 
mission in red, Outreach mission in black). 
 
 
Fig. 18 Optimal arrival date corresponding to 
every launch date (Science mission in red, 
Outreach mission in black). 
Fig. 18 and Fig. 19 link the launch dates with the 
corresponding arrival date at the Moon, and the total 
time of flight. 
A constraint was fixed on the duration of the 
phasing segment between 70 and 120 days. This 
explains the trend of Fig. 18. 
 
 
Fig. 19 Total time of flight for every day of 
launch (Science mission in red, Outreach mission 
in black). 
5. OPERATIONAL LUNAR ORBITS 
5.1. Outreach orbit stability study 
In the case of the chemical transfer through the 
WSB region, the lunar injection manoeuvre 
represents a significant part of the Δv budget, on the 
order of 30-40% of the total Δv. Thus significant Δv 
savings can be obtained in carefully selecting a lunar 
orbit that fulfils the operational requirements. The 
requirement on the minimum lifetime of the orbit of 
180 days (from injection to collision with the lunar 
surface) is the most constraining, and therefore is the 
driving factor in the design. Moreover, no station 
keeping was allowed in order to minimize the 
operational cost and risk of the mission. 
The desired lunar orbit is at an altitude of 200 km 
with an argument of periselenium of ω = 270°. With 
a direct insertion to the target orbit however, the 
altitude of periselenium decreases too rapidly for the 
lifetime constraint of 6 months. 
An alternate strategy was developed which takes 
advantage of the perturbation effects of the Earth to 
increase the eccentricity of the lunar injection orbit 
and thus reducing the necessary Δv, while still 
maintaining the lifetime. The evolution of possible 
operational orbits at the Moon including perturbation 
effects from the Earth is shown in Fig. 20. 
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Fig. 20 Evolution of the altitude of periapsis for 
an eccentric near-polar lunar orbit starting at an 
altitude of periapsis of 100 km and argument of 
periapsis of 290° considering the Earth as a 
perturbing body and either the Moon as point 
mass (red) or accounting for the gravity field of 
the Moon (blue). 
 
For initial values of ω above 270°, the altitude of 
periselenium increases while for values below 270°, 
it decreases. Therefore the maximum altitude of 
periselenium will be achieved when ω is exactly at 
270°, i.e. just above the South Pole.  
On the other hand the variation of ω appears to be 
monotonically decreasing with time. These effects 
are due to the influence of the Earth, in fact the same 
variation occurs whether the analysis considers the 
lunar gravitational field or the Moon as simply a 
point of mass. 
This phenomenon was exploited by injecting the 
spacecraft at an altitude lower than 200 km with a ω 
higher than 270°. In this way we can calculate the 
initial state such that the spacecraft reaches the 
desired orbit some time after the injection when the 
maximum of altitude is  (see 200 km≥ Fig. 20). By 
injecting ESMO into a more eccentric initial orbit, 
the perturbations will ‘correct’ the orbit towards the 
target values, thus allowing for a longer lifetime with 
less Δv. 
In this study, the periselenium altitude at the 
injection was fixed at 100 km, a good compromise 
between a lower injection Δv and the safety of the 
mission. As the gravity field of the Moon is not 
precisely known by scientists, some discrepancies 
between the simulated evolution of the Keplerian 
elements and the real ones may occur. 
 
5.1.1. Time of life requirement 
The strict requirement of the time of flight has to 
be fulfilled for each initial condition. The lifetime is 
defined as the duration from injection into the lunar 
orbit until collision with the Moon surface, and has a 
minimum value of 180 days (or 6 months). The 
analysis of the lifetime was found to be relatively 
independent of the date, as such, the date of injection 
was nominally set to 01 July 2011. 
ω = 270° 
An optimisation was conducted to find, for each 
initial value of ω, the maximum eccentricity of the 
injection orbit such that, for any value of the RAAN, 
the lifetime is higher than 180 days. ω = 290° 
 ( )max : 180 dayse RAAN lifetime∀ → ≥  
The WSB transfer is optimised using the RAAN 
at lunar injection as a free parameter. 
Fig. 21 shows a model of the evolution of the 
injection orbit from an altitude of periselenium of 
100 km for different values of the argument of 
periselenium of the target orbit. 
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Fig. 21 Kriging surrogates of the lifetime of a 
polar eccentric lunar orbit as a function of the 
initial eccentricity and RAAN (desired state: 
altitude of periapsis 200 km, ωtarget = 270° and 
i = 90° at epoch 01 July 2011). The black dots 
mark the sampled points. 
 
In Fig. 22, the variation of the lifetime (as a 
function of the RAAN) for the optimal eccentricity is 
represented. From here, specific values for the 
RAAN were chosen corresponding to the minimum 
lifetime (i.e. worst case). 
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Fig. 22 Variation of the lifetime with the RAAN 
for maximum altitude of periapsis 200 km, 
ωtarget=270°, i=90° and optimal eccentricity. 
 
The characteristics of the injection and target state 
for a maximum altitude of periapsis of 200 km are 
summarized in Table 12: 
 
Table 12 Results for maximum altitude of 
periapsis of 200 km in the target strategy. 
 Injection state Target state 
Date April 9
th 2011 
55660.5 MJD 
July 1st 2011 
55743.5 MJD 
Zp [km] 1738.2 + 100 1738.2 + 200 
i [deg] 89.858 90 
e 0.439 0.408 
RAAN [deg] 294.868 295 
ω [deg] 292.844 270 
Collision October 6th 2011 
Lifetime [days] 179.662 
Δv saving with respect to 
the direct strategy [m/s] 102.96 
Time during which the 
altitude of periapsis is 
between 190 km and 210 
km [d] 
43 
Intervals of ω during 
which the altitude of 
periapsis is between 190 
and 210 km [deg] 
278.6–266 
 
The saving in Δv with respect to the direct 
injection in the desired orbit is 103 m/s. 
In order to have a further Δv savings, a target 
orbit with a 250 km altitude of periselenium above 
the South Pole was selected, while still having multi-
passages at 200 km or below. 
 
Table 13 Results for maximum altitude of 
periapsis of 250 km in the target strategy. 
 Injection state Target state 
Date April 9
th 2011 
55743.5 MJD 
July 1st 2011 
55660.7 MJD selected point for 
the analysis 
Zp [km]  1738.2 + 100 1738.2 + 250 
i [deg] 89.919 90 
e 0.487 0.446 
RAAN [deg] 270.330 270 
ω [deg] 292.939 270 
Collision October 5th 2011 
Lifetime [days] 178.535 
Δv saving with respect to 
the direct strategy [m/s] 110.9 
Time during which the 
altitude of periapsis is 
between 190 km and 210 
km [d] 
15 
Intervals of ω during 
which the altitude of 
periapsis is between 190 
and 210 km [deg] 
259.5–258.1 
 
This option was selected as the primary one, whit 
an altitude above the South Pole of 250 km because it 
leads to a sufficient time the spacecraft is near the 
optimal conditions for the observation and allows a 
substantial Δv saving. 
5.2. Science orbit stability study 
An analysis of possible frozen orbits was 
conducted in order to provide a set of polar orbits 
with no need for station keeping. An additional 
constraint was added, due to the presence of Lunette, 
of a minimal altitude of periselium of 90 km.  
For the model of the lunar gravity field, a 
spherical harmonic gravitational field model from the 
Geosciences Data Node of the NASA’s Planetary 
Data System was used. The current model was 
released in 1999 by Konopliv. In the analysis below, 
only 40 harmonic coefficients (out of a possible 100) 
were used as the higher order terms associated to the 
zonal harmonics become less significant after the 
40th harmonic. 
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The frozen solution for a polar orbit with a semi-
major axis of 1838 km (i.e. a mean altitude of 100 km 
above the Moon surface) is efrozen = 0.0102 with 
ωfrozen = 90°. However, this leads to an altitude of 
periselenium of 81 km, which is under the limit of 
90 km. Alternately, the altitude of periselenium can 
be fixed at 100 km above the Moon surface, which 
leads to the orbit in Table 14. 
 
Table 14 Frozen orbital parameters for the 
100 km periselenium. 
a Semi-major axis 1856 km 
pZ  Periselenium altitude 100 km 
aZ  Aposelenium altitude 135 km 
e Eccentricity 0.0092 
i Inclination 90° 
Ω Right ascension of the ascending node (RAAN) 90°  
ω Argument of periapsis 270° 
 
5.2.1. General stability analysis 
Due to assumptions made in the modelling of the 
gravity field of the Moon, it is expected that the 
actual frozen solution may differ slightly from the 
proposed one. If the spacecraft is not injected into the 
exact frozen orbit, due to position errors, the long 
term variations of the orbital elements will keep the 
spacecraft in a confined region around the actual 
frozen orbit, as the frozen orbit is a stable equilibrium 
point. The requirement is not to cross the stability 
limit for the eccentricity [15].  
Fig. 23 shows the evolution of a displaced orbit, 
with an eccentricity of 0.01 and an argument of 
periapsis of 0°. 
 
 
Fig. 23 Semi-equinoctial elements evolution 
close to the critical point. 
6. STUDIES 
Additional studies on ground station visibility, 
eclipses and solar aspect angle were performed for all 
the baseline trajectories proposed. Four ground 
stations were considered: Malindi, Weilheim, Perth 
and Kourou. 
6.1. Ground station visibility windows 
The visibility windows were calculated based on 
the minimum elevation angles given in the technical 
specification for each station. Simple conics were 
used to approximate the total coverage zone of the 
antennas using central angles of ±80° for Malindi and 
±85° for Weilheim, Perth and Kourou. The central 
angles are based on the minimum elevation angle of 
the antenna. Note that the ground stations of Perth 
and Kourou would be available only during the 
LEOP. 
The graphs are arranged with the physical date 
during the mission versus the time of the day at 
which spacecraft is visible from the ground station. 
While the analysis was done for all four ground 
stations for each of the four different trajectory 
options, only two graphs are shown here for 
simplicity: Weilheim ground station visibility for the 
SEP and chemical propulsion systems with the 
Science mission. 
The critical points of the mission are shown on 
the plots, at the point of departure point from GTO 
and the arrival into the operational lunar orbit, and in 
the case of the WSB transfer, at the start of the 
phasing segment. 
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Fig. 24 Times during the day of visibility 
between the spacecraft and the Weilheim ground 
station during the chemical propulsion, Science 
mission. 
 
 13
55600 55700 55800 55900 56000 56100 56200
0
4
8
12
16
20
24
Date in Mission (MJD)
A
cc
es
s 
T
im
es
 d
ur
in
g 
ea
ch
 D
ay
 (
ho
ur
)
 
Fig. 25 Times during the day of visibility 
between the spacecraft and the Weilheim ground 
station during the SEP Science mission. 
 
The difference in eclipse times is consistent with 
the trajectory designs. The WSB transfer shown in 
Fig. 24 is periodic in terms of when it is available 
during the day. This is expected as the argument of 
perigee is relatively constant during the phasing 
strategy to get to the WSB region. For the SEP 
transfer (Fig. 25), four segments can be clearly seen: 
the spiral up from Earth, the shorter phasing segment, 
and the two spiralling down segments, one to get to 
an interim eccentric lunar orbit, and the second to 
reach the final circular lunar orbit for the Science 
mission. 
The analysis shows for both propulsion systems, 
that while every ground station provides visibility of 
several hours every day, there is no single ground 
station visible during all the critical events of the 
mission.  
In addition, the maximum duration without access 
to each primary ground station is not more than three 
days. The longest station eclipse occurs during spiral-
up, when the period of the orbit is near 24 hours. 
6.2.  Eclipse periods 
The periods of eclipses were calculated for each 
of the four mission trajectories. The eclipse periods 
were further broken down between umbra and 
penumbra periods to see the difference in percentage 
of time spend in one versus the other. It was clearly 
shown that the penumbra represents only a small 
fraction of the eclipse times, therefore only the umbra 
times were considered in the design of the 
trajectories.  
Fig. 26 shows the eclipse periods for the SEP 
Science mission. The Outreach mission follows the 
same trend, with a shorter lunar segment. 
 
 
Fig. 26 Eclipse periods for the SEP Science 
mission, blue denotes the periods in umbrae and 
green, the periods in penumbra. 
 
For the SEP, the longest eclipse is 2.25 hours for 
Outreach mission and 2.03 for the Science mission, 
both due to obstruction by the Earth. For the chemical 
propulsion, there is only one eclipse period of 50 sec 
for both missions (with less than 3 sec in penumbra). 
6.3. Solar aspect angle 
An analysis of the solar aspect angle – defined as 
the angle between the +z spacecraft axis and the 
direction of the Sun – is required for the spacecraft 
orientation, the angle of rotation of the solar arrays, 
thermal analysis and the determination of the 
operational sequences of the sun-sensors. 
7. CONCLUSION 
The trajectories presented in this document satisfy 
all the requirements affecting mission analysis in 
ESMO Phase A Mission Requirements [1]. 
In future iterations, many aspects of this initial 
analysis can be improved upon. Since the driving 
requirement of the mission analysis study is the 
launch as an auxiliary payload, an efficient method to 
assess many launch dates simultaneously is a critical 
part of the process. A few hundreds of grams of 
propellant could be saved by calculating more 
trajectories in order to identify the optimum route to 
the Moon. Also, utilising lunar resonances and 
swing-bys can be very helpful – in the SEP case – to 
the propellant budget. 
Since the trajectory options were not calculated 
for every launch date occurring during an 
unfavourable launch window, a modelling margin of 
5% was added to the computed propellant budget. 
Future iterations may be able to reduce or remove 
this margin. 
In the case that ESMO is approved for Phase B, 
more intensive analyses will be performed, refining 
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ACKNOWLEDGEMENTS 
The authors would like thank the supervisor of 
this project, Dr. Massimiliano Vasile and all the 
others members of ESMO team: Imran Ali, Ignacio 
Barrios, Jeannette Heiligers, Christie Alisa Maddock, 
Daniel Novak, and Joan Pau Sanchez Cuartielles. It is 
thanks to the valuable contribution of everybody that 
this study was possible. In addition, thank you to Dr. 
Roger Walker, the ESMO Project Manager for ESA 
for the opportuni active members 
 th
ty to participate as 
to is initiative. 
REFERENCES 
][1  Cano J.L., Hechler M., Khan M., Pulido J., 
Schoenmaekers J., “SMART-1 Consolidated Report on 
Mission Analysis”, Issue 1.2, S1-ESC-RP-5506, July 16 
2001. 
[2] He S., "China's moon project Chang'e: Stratagem and 
prospects", Advances in Space Research, Vol. 31, No. 11, 
pp. 2353-2358, 2003. 
] Bhandari N., Adimurthy V., Banerjee D., Srivastava N., [3
stronautica, Vol. 47, No. 2, pp. 467-473, 2000. 
., "Lunar-A mission: Goals and status", 
 exploration program mission: The Lunar 
gow Space Advanced Research 
tp://www.esa.int/ 
Dhingra D., "Chandrayaan-1 Lunar polar orbiter: Science 
goals and payloads", in Proceedings of International Lunar 
Conference 2003/International Lunar Exploration Working 
Group 5, Hawaii Island, HI, United States, 2004. 
[4] Kaneko Y., Itagaki H., Takizawa Y., Sasaki S., 
"SELENE project and the following lunar mission", Acta 
[5] Mizutani H., Fujimura A., Tanaka S., Shiraishi H., 
Nakajima T
Advances in Space Research, Vol. 31, No. 11, pp. 2315-
2321, 2003. 
[6] Beckman M., Folta D., Mission design of the first 
robotic lunar
Reconnaissance Orbiter, South Lake Tahoe, CA, United 
States, 2006. 
[7] University of Glas
Team, “ESMO Phase A MIAS_A1 Mission Analysis 
Report”, June 2007. 
[8] SSETI, “ESMO Phase A System Requirements”, 
ESMO Phase A Feasibility Study, January 2007. 
[9] ESA Launch Vehicles: Soyuz, ht
SP CIALS/Launchers_Access_to_Space/SEM6JRS4LZE_E
0.html, last access
A
ed 16 September 2007. 
[ arrico J.P., “Calculation of Weak 
[
maekers J., “SMART-1 Consolidated Report on 
[
nt Moon Orbiter 
07. 
[15] Tabor M., Chaos and Integrability in Nonlinear 
Dynamics, Wiley Interscience publication, 1989. 
 
[10] Ariane V User’s Manual, Issue 4, Revision 0, 
November 2004. 
11] Belbruno E. A., C
Stability Boundary Ballistic Lunar Transfer Trajectories”, 
AIAA 00-4142, 2000. 
12] Cano J.L., Hechler M., Khan M., Pulido J., 
Schoen
Mission Analysis”, Issue 1.2, S1-ESC-RP-5506, July 16 
2001. 
13] Colombo C., Novak D., Heiligers J., “Low-Thrust 
Trajectories Design for the European Stude
Mission”, 58th International Astronautical Congress, 
Hyderabad, India, 24-28 September 20
[14] Vasile M., Masarati P., Fornasari N., DITAN User 
Manual, Version 4, September 2002. 
 15
